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SUMMARY

Measurements of the chordwise pressure distribution over the
8—percent—~thick wing of the XS—1 research airplane have been made at
a section near the midspan of the left wing. Data presented are for
a Mach number range of 0.75 to 1.25 at a normal—force coefficient of
about 0.33 and for normal-force coefficients up to 0.93 at a Mach
number of approximately 1.16. The results show that there is a rear—
ward sghift of section center of load with an increase in Mach number
due to the rearward movement of shock with a corresponding extension
of the region of supersonic flow. The load center moves from about
25 to 51 percent of the chord as the Mach number is increased from O0.75
to 1.25, During the rearward movement of load from the forward to
rearward 1limit position, there is a rapid and large shift of the center
of load within these limits for a Mach number range of 0.82 to 0,88.
It is expected that large changes in trim, with correspondiing large
changes in load factor at low altitude, may occur within this Mach
number range.

The distribution of load over the section up to a Mach number
of 0,95 is somewhat irregular and the irregularities are more pro—
nounced on the upper surface., At Mach numbers from 0.95 to 1.25 the
shapes of the distributions of load over both surfaces are somewhat
similar, At high normal—force coefficients, however, the upper—surface
pressure distribution approaches a rectangular distribution. A section
normal—force coefficient of 0,93 was reached at a free-stream Mach
number of about 1.16, with no indication that maximum 1ift had been
reached. A maximum local Mach number of about 2 was obtained at this
point.

There is a gradual transition of the total load distribution from
one having peak loads near the leading edge at subsonic speeds to one
approximating a rectangular shape at supersonic speeds. Distributions
for Mach numbers above 0.35 are somswhat similar in shape.



Large changes in the pressure distribution over the rear 15 percent
of the chord within a Mach number range of 0.80 and 1.0 would indicate
large changes in hinge moments for an aileron at this location.

INTRODUCTION

The NACA and the Air Force are engaged cooperatively in an
accelerated flight—testing program to establish the operational limits
of the XS5-1 resgearch airplane. The airplane is flown by Captain Charles
Yeager of the Flight Test Division at Wright Field and the flight data
are obtained from NACA instrumentation and are evaluated by NACA
personnel.

During the early stages of the test program of exploring the
transonic speed region, sufficient instrumentation was installed to
determine only the general behavior of the airplane and some loads on
the wing and tail. As the flights progressed to higher speeds and
repeated flights were successfully completed above the speed of sound
(references 1 and 2), changes in instrumentation were made to obtain
additional aerodynamic data. Measurements of chordwise pressure
distribution over the midsemispan wing of the airplane have been
obtained at Mach numbers greater than 1.0. Results of these measure—
ments are reported herein,

SYMBOLS
M free—stream Mach number gzgicvsiigi§{y>
My, local Mach number
n normal load factor
W airplane weight, pounds
S wing area, square feet
CNA airplane normal—force coefficient (gg)
b wing span, feet

c local wing chord parallel to plane of symmetry
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x chordwise location from leading edge, feet
q free—stream dynamic pressure, pounds per square foot
Po free—gtream static pressure, pounds per square foot
Py free—stream total pressure, pounds per square foot
e local static pressure, pounis per square foot
. P~ P
P pressure coefficient 1
Pcr presgure coefficient for sonic velocity
Py pressure coefficient on upper surface
Pr, pressure coefficient on lower surface
P resultant pressure coefficient (PU-— PL)
1.0 x
cn section normal-force coefficient (P - Pp) d(E)
0
cmc/h section pitching—moment coefficient, stall moment is
l.o
positive (py - ) (3 - 0.25 d(f)
o U~ *L)\¢ . o
Cy sectlon hinge—moment coefficient

1 1.00
<m J; o e - 00 a(3)

DESCRIPIION OF THE ATRPLANE AND WING SECTION

The XS-1 research alrplane assigned to the accelerated flight
program is shown in figure 1. A three—view drawing of the airplane
showing the general over—all dimensions is given in figure 2.

The airplane has an 8—-percent—thick wing and incorporates an
NACA 65-108 airfoil section. The profile and ordinates of the section
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are presented in table I. The wing test section was located at approxi-
mately the midspan of the left wing inboard of the aileron station and
included the landing flap (fig. 3). The area about the test section was
polished during the tests but no attempt was made to obtain a perfectly
smooth finish, ITanding-flap Junction and the upper—surface wing spoiler
presented irregularities, as did the spar—skin attach points. Location
of these irregularities are given in figure 3. The skin thickness at

the test section is approximately % inch thick on both the upper and

lower surfaces.
INSTRUMENTATION

Standard NACA recording instruments were used to obtain airspeed,
pressure altitude, and normal acceleration. Wing-surface pressures
were measured by an NACA recording multiple pressure manometer. All
records were synchronized by a common timer.

Free—stream static pressure was recorded from a Kollsman pitot—
static fixed head located at the wing tip. The static vents were
located approximately 0.96 of the local wing chord ahead of the wing.
Dynamic pressure was measured from the wing-tip pitot—static head

(fig. 3).

Wing—surface pressures were measured from flush—type orifices
ingtalled in the wing skin, The orifices were connected by %-—1nch

ingide diameter rubber tubing to the multiple manometer located in the
fuselage behind the pilot's compartment. The average length of tubing
from the orifice to the manometers was approximately 9 feet. The
orifice locations are given in the table of figure 3.

Normal acceleration of the airplane was measured near the center
of gravity of the airplane.

METHODS

The pressure cells of the multiple manometer were vented to the
fuselage instrument compartment; thus, pressures of the wing surface
wvere measured relative to the existing compartment static pressure.
Static pressure at the pitot—static head was also measured relative
to the compartment pressure. A continuous record of the geometric
altitude during the test flight was made by the radar ground station
which was synchronized with a recording pressure altimeter in the
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airplane. On completion of the test flight, a survey was made by the
airplane through the test altitudes obtaining synchronized airplane
pressure altitude and radar geometric altitude records. The survey
vasg made at speeds where the error in measuring true static pressure
by the airplane was known. By this method, pressures measured at the
wing were corrected to values relative to the free—stream static
pregsure, Ground tests were made to determine any effects of lag that
might be present in measuring the wing—surface pressures, These tests
'‘show that the effects of lag were negligible and have been neglected
in these data.

TESTS

The data presented herein were obtained during an attempted four—
rocket flight at 50,000 feet. Due to faulty operation of one rocket,
the flight was made with three rockets on and the airplane dived
from 47,000 feet to obtain higher speeds. Recovery was made from the
-dive at approximately 35,000 feet by use of the adjustable stabilizer
and resulted in a normal acceleration of 5.7g at a Mach number of 1,13,
Continuous records of pressure distribution were obtained during the
climb from 30,000 feet to 47,000 feet at Mach numbers of 0.75 to 0.95,
during the dive to 35,000 feet to a Mach number of 1.25, and in the
recovery at 35,000 feet at a Mach number of approximately 1.16.

PRESENTATION OF DATA

Presented in figure 4 are pressure distributions for the upper and
lower surface of the wing test section for a Mach number range of 0.748
to 1.088, These distributions have been selected for an airplane
normal—force coefficient of about 0.33. Distributions for Mach numbers
from 1.138 to 1.248 are given in figure 5 for an airplane normal—force
coefficient of about 0.16., Included in the figures are values of the
free—gtream Mach number and pressure coefficients for sonic velocity
for each distribution. It may be noted that there are two values of
pressure coefficient given at about 10 percent of the chord on the
upper surface between a Mach number of 0.75 and 0.85. These represent
extreme values of the pressure coefficient during pressure fluctuations
at the orifice. The pressures existing for the selected conditions are
used for fairing the pressure distribution., DPressures at orifice
gstations forward and to the rear were steady.

The variation of the local pressure coefficiente for the upper
and lower surfaces with free—stream Mach number are presented in
figures 6(a) to 6(d). Included in the figures are locations of the
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pressure stations in percent of local chord and, in some plots, local
Mach number lines of 1.0 and 1.5 which are computed from equations for
subsonic flow. Tt ig estimated that the error in using the subsonic
equation for local Mach number is less than 5 percent at the highest
free—gtream Mach number reached in these tests.

In order to show values of local Mach number regions existing over
the airfoil section at a given free—stream Mach number, some pressure
distributions for the upper and lower surfaces have been selected and
are pregented in figure 7 as p/pt against percent of section chord.

The scale of the local Mach number is given as the ordinate on the
right of the figure. For these plots the local total head may be
assumed to be equal to the free—stream total head. ZF¥rrors introduced
by this assumption are less than 1 percent for the maximum free—stream
Mach number given in figure 7.

From the inspection of the pressure distributions of figures k4
and 5, which give the variation of local pressure coefficient with Mach
number, and of the continuous records of individual pressures, the
approximate location of the shock for both the upper and lower surfaces
has been determined and is given in figure 8 plotted against free—stream
Mach number. The termination of the supersonic flow over the forward
portion of the airfoil by an abrupt pressure recovery has been taken
primarily as indicative of shock.

Pressure distributions obtained during a dive pull—out are presented
in figure 9 for various norme1-force coefficients at a free—stream Mach
number of approximately 1.16.

The total load distributions over the section have been derived
from the faired distributions of individual surfaces and are presented
in figure 10 for a Mach number range of 0.748 to 1.185 at an airplane
normal—force coefficient of about 0.35. Included in the figure are
values of the free—stream Mach number and the integrated section normal—
force coefficient for each distribution.

A summary figure showing the wing section characteristics for the
Mach number range presented i1s shown in figure 11. The section normal
force, hinge moment, and center of pressure have been obtained from the
mechanical integration of measured pressure distributions. The section
pitching—moment coefficient has been derived from the center—of-—pressure
curve for two section normal—force coefficients. The section hinge
moment as presented herein is the moment of the area of the rear
15 percent chord about the 85-percent—chord station. The hinge moments
at Mach numbers less than 1.0 would be representative values for
aileron neutral at a wing section which included the aileron. Hinge
momente for Mach numbers greater than 1.0 may not be representative
due to wing—tip losses.
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DISCUSSION

The free—stream Mach number at which local sonic velocity is
first attained at any point on an airfoil is normally defined as the
critical Mach number of the section, and the occurrence of the peak
pregsure coefficient attainable at any point on the airfoil is
usually associated with the formation of a compression shock. The
critical Mach number has not been established in these tests since,
at the lowest Mach number reported (M = 0.748), supersonic flow
already exists over approximately 4O percent of the chord. (See
figs. k and 7.) As shown by measurements of surface pressures over
the airfoil (fig. 6) the pressure coefficients increase negatively
with an increase in free—stream Mach number until some peak pressure
coefficient is reached., As the free-stream Mach number is increased
above the value where the peak pressure coefficient is reached, the
local pressures increase positively tending to follow, in general, a
congtant local Mach number line.

Upper—Surface Pressure Distribution

An inspection of the pressure distribution presented in figures 4
and 5 for a given airplane normal-force coefficient shows that, as the
Mach number is increased from 0.75 to 1.25, there is a gradual transi-
tion of load distribution over the section. The transition is from a
compressible subsonic type of pressure distribution having peak values
near the leading edge followed by a normal pressure recovery over the
rear section to a supersonic type of pressure distribution having
maximum negative pressures over the rear section. It may be seen that
the trangition results in a shift of the load center to the rear with
increasing Mach number. As will be shown in the following discussion
of selected Mach number ranges, the load center shift is a result of
the shock movement toward the rear and the extension of the region of
gupersonic flow expansion over the airfoil,

Mach numbers 0.75 to 0,82.— As the Mach number is increased from 0.75
to 0.82 for a given airplane normal—force coefficient, the shock and the
agsociated large negative pressures preceding the shock have moved from
approximately 35 to 4O percent of the chord to about 60 to 65 percent of
the chord (figs. 4 and 6(a) and 6(b)). The region of supersonic flow
has extended beyond the midchord section at Mach numbers greater
than 0,798 (fig. 7). The negative pressures over the midchord station
have increased and those over the leading—edge section have decreased.
The distributions over the rear 35 percent chord are eassentially
constant,
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Mach numbers 0.82 to 0.89.— For a given normal-—force coefficient,
the shock remains at about the 55— to 60-percent~chord station for this
Mach number range (figs. 4 and 6(b)). Gradual pressure fluctuations
near the location of shock were noted. Within this range of Mach
number , where the shock is approximately stationary, there is an
increase in negative pressure coefficient over the airfoil ahead of
the shock at Mach numbers of about 0.85 to 0.88 (figs. 6(a) and 6(b)).
The more pronounced increases occur over the forward 20 percent chord
and in the vicinity of the shock. The distributions over the section
forward of the shock are similar, with the exception of the slight
increase in negative pressures over the forward section as mentioned
above. As the Mach number is increased above 0.82, an increase in
negative pressures over the section trailing edge occurs, due to a
region of separated flow behind the compression shock. At a Mach
number of 0.872, about 65 percent of the upper surface is supersonic

(fig. 7).

Mach rumbers 0.89 to 0.95.— As ghown in figures 4 and 6(b), the
compression shock has moved from about the 65 percent chord to near
the trailing edge with & corresponding increase in trailing-edge
pressure coefficients. As the shock becomes approximately stationary
at the trailing edge, local pressures are again increased. The general
shape of the distribution forward of 60 percent chord remains approxi—
mately constant. At a free—stream Mach number of 0.90 (fig. 7) super—
sonic flow exists over the entire upper surface, with exception of the
leading edge and possibly the trailing edge, and maximum local Mach
numbers of about 1.4 are attained at 65 to 70 percent of the chord.
The maximum local Mach numbers obtained in this region were about 1.5
for normal—force coefficients of about 0.33 and occurred over 75 to
95 percent of the section at a free-stream Mach number of 0.947.

Mach numbers 0.95 to 1,09.— As the Mach number is increased
from 0.95 to 1.09, the shape of the distributions over the upper
surface remains approximately the same but the magnitudes of loads
over the upper surface are progressively reduced (figs. 4 and 6(b)).

Mach mmbers 1.1k to 1.25.— The form of the load distribution over
the upper surface for this Mach number range (fig. 5) is similar to
that presented for Mach numbers of 0.95 to 1.09 in figure 4. The
magnitude of pressures over the surface increases positively by
LO to 50 percent as the Mach number is increased from 1.14 to 1.25.
For an increagse in section normal-force coefficient from 0.19 to 0.93
at a Mach number of about 1.16 the upper—surface distribution approaches
a rectangular shape, and a maximum local Mach number of about 2.0 is
reached over the trailing edge of the airfoil at a C, of 0.93. (See

fig. 9.) There was no indication that maximum 1ift had been reached
at this normal—force coefficient. The shape of the lower—surface
digtribution remained esgsentially the same.
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Lower—Surface Pressure Distribution

As shown in figures 4 and 5, the same general change in load
distribution is shown to occur over the lower surface as shown over
the upper surface; that is, with the formation of shock and increase
in Mach number, there is a shifting of the load center toward the
rear. However, at the lower Mach numbers the existing flow over the
forward section of the lower surface presents a more favorable pressure
gradient than is present over the upper surface. The shock movement
over the lower surface to the rear is more uniform and more rapid
than that over the upper surface. These facts are pointed out in the
following discussion for selected Mach number ranges.

Mach mmbers 0.75 to 0.82.— From figures 4 and 6(c) and 6(d), it
is shown that there is a glight increase negatively in pressures over
the forward 50 percent chord and that the load over the rear 50 percent
remains essentially constant. There is no definite indication of shock
formation at these Mach numbers and normal—force coefficients,

Mach rumbers 0,82 to 0,89.— Shock formation is indicated after
gonic velocity is attained at about 55 percent of the chord near a Mach
number of 0,84 and moves to about 80 percent chord at a Mach number
of 0.89. The shock movement results in an increase in pressures
positively forward of the shock and a marked increase in trailing—edge
loads. The region of supersonic flov extends from about 45 to 85 percent
of the chord at a Mach number of 0.89.

Mach mmbers 0,89 to 0,95.— The shock continues to move rearward to
about 90 percent of the chord at a Mach number of 0.92 and, from the data
obtained in these tests, the shock appears to remain at this location.
The formation of a stationary shock wave in thisg vicinity may be due
to the reflexed trailing edge of the airfoil, The region of supersonic
flow extends over about the rear 75 percent of the chord.

Mach mmbers 0.95 to 1.23.— The general shape of the distribution
of load over the surface remains essentially the same above a Mach
number of 0,35 and, with the exceplion of the leading edge and trailing
edge, is similar to the distribution of the upper surface. With an
increase in Mach number for a given normal-force coefficient, there
is a slight positive increase in the pressure coefficient over the
surface.

Total Section Loads

A gradual transition of load distribution from one having peak
loads near the leading edge to one approximating a rectangular shape
occurs when the Mach number is increased from the subsonic to the
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supersonic values. (See fig. 10.) The total load distributions are
irregular in shape for Mach numbers up to 0.95 due to variations of
the shock location and movement over the upper and lower surfaces.
The shapes of the distributions at Mach numbers greater than 0.95 are
essentially the same since the shock waves on both surfaces remain
near the trailing edge.

Due to the variation of the shock position on one surface with
respect to the other and to the different rates of shock movement on
each surface, there is a large shifting of the section load center and
a corresponding large change in section pitching moment., The center of
load at a Mach number of 0.75 (fig. 11) is located at approximately
26 percent of the section chord and moves to about 42 percent chord as
the Mach number is increased from 0.75 to 0.85 due to the upper—surface
shock movement to the rear. For the same Mach number range the
pitching-moment coefficient increases from -0,009 to —0,.067. As the
Mach number is increased from 0.85 to 0.89, the center of load moves
forward to approximately 26 percent chord due to the rearward shift
of the lower—surface shock and to the approximately stationary upper—
surface shock (fig. 8). At a Mach number of about 0.90, where the
shock on the lower surface has almost reached the trailing edge and
the shock on the upper surface moves rearward, the center of load moves
rapidly to about 45 percent chord at a Mach number of 0.95. Due to a
more rapid reduction of negative pressures over the forward section of
the upper surface than over the rear section at Mach numbers above 1.00,
there is a gradually rearward shift of the center of load to about
51 percent chord at Mach numbers of 1.25. Due to the large and fairly
rapid changes in the wing section pitching-moment coefficient between
Mach numbers of 0.75 and 1.0 it may be expected that large trim changes
would occur in this Mach number range. Correspondingly high load
factors may result in flights at low altitudes. The occurrence of high
load factors would depend however on the rate at which the airplane
traversed the Mach number range of 0.75 to 1.0 and on the rate of
application and magnitude of trimming forces that may be availeble to
the pilot. Because of the increased trailing-edge loads, large changes
in section hinge moments occur in a Mach number range of 0.80 to 0.96
(fig. 11). The ratio of the section normal-force coefficient to the
airplane normal—force coefficient (fig. 11) shows that the section load
abruptly increases at a Mach number of 0.95 and remains at about this
load level as the Mach number is increased to 1.25. The decrease in
gsection load at a Mach number of 0.75 indicated in figure 11 is based
on one load distribution and no explanation of this occurrence can be
made at this time. However, total wing loads measured by strain gages
located at the wing root indicate that the lateral center of load
remains essentially constant within this Mach number range.
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CONCLUSIONS

Results of the chordwise pressure—distribution measurements over
the wing of the X5-1 airplane show that:

1. As the Mach number is increased from 0.75 to 0.95 for a normal—
.force coefficient of about 0,33, there is a rearward shift of the surface
load center on both the upper and lower surfaces.

2. At free—stream Mach numbers from 0.95 to 1.25 where the shock
is located near the trailing edge, the distributions of load over the
two surfaces are somwhat similar at comparable normal-force coefficients.
At high normal—force coefficients at a Mach number of 1.16, however, the
upper—surface pressure distribution approaches a rectangular distribution.

3. The maximum local Mach number reached in thease tests was
about 2.0 at a free—stream Mach number of about 1.16 and a section
normal—force coefficient of 0,93.

4. large trim changes of the airplane may occur in a Mach number
range of 0.80 and 1.0 due to the changes in wing pitching moments.
Corresponding high load factors may result during flights at low
altitude.

5. The section total load distribution is transformed from one
having peak loads near the leading edge at subsonic speeds to one
approaching a rectangular distribution at supersonic speeds. The
distribution over the section for Mach numbers of 0.95 to 1.19 are
similar in shape.
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6. There are large changes in section hinge moments due to the
large changes in tralling-edge loads.
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TABLE I.— PROFILE AND ORDINATES OF THE ATRFOIL TEST SECTTON

[Stations and ordinates in percent of local chord.:]

A7 Soor Socar/ons

| ]

2O

O

60

SO

/00

Srar 107, oercens chord’

Station Upper Lower
surface surface
0 0 0
.50 .637 -.597
] .T73 -.T17
1.25 978 -.892
2.50 1.33%4 -1.185
5.00 1.868 -1.613
7.50 2,285 -1.946
10.00 2.636 —2,295
15.00 3.200 —2,662
20.00 3.635 -2.999
25.00 3.962 ~3.24k5
30.00 4.190 —3.420
35.00 4,350 -3.528
Lo.00 4 ko5 -3.570
45,00 L k10 -3.535
50.00 4 290 -3.410
55.00 4,060 —3.185
60.00 3.745 —2.886
65.00 3.3%5 —2.535
70.00 2.915 -2,137
75.00 2.425 -1,708
80.00 1.910 -1.270
85.00 1.378 -.838
90,00 .85L - o
95.00 .371 -.118
100,00 0 0
Slope of radius through L.E.: 0.038875,
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Figure 3.— location of pressure-measuring stations for obtaining wing \\“\sﬁ’H
pressure distribution,




1L.8G21

NACA RM No

i

i

1HY

THEH

THIRE

i

b
it

1tH}

i

Hhiiiin:
it

TR TR

T

T
it

:




NACA RM No. L8G21

R
i =="=i§|"' :-- i Hi”ﬂl i i
i il a2
.llil!' il lllllll ll“ll F‘llil! i iﬁlllllmlllllllllm!ii!il!llll’ﬂ!llﬂl!imm!illllllmﬂ F
s T e lllll
“ﬂl'hﬂ'lIHIIlllll!'l'!lliﬂﬂl}m iﬁlﬂiﬁ'ﬂlﬂ Al ii llllimﬂinﬂllﬂi inlﬂ
A
il nii( T
H’-lliﬁ i l‘ﬂlﬂm‘llmﬂl‘“lll il !H it Illlillmh ﬁ““ﬂm&u I*'ilﬁﬂ“!'ﬁli
itk IR llllllllllillilllllﬂm‘llIHIIIlllllllllllli.ﬁlllmﬂ!llll
il _!llill B i B H!Illlﬁlllll! i
;‘Iiiigg%Hl“lllﬂ!llllllllllll"ﬁiﬁlmgﬂl‘lmg II!ﬂI!I l!llgﬁ!m :
Ill h
[ MR AL i .:a‘!!!iii’il!lhﬂilll
aill IillllIlliillllliiillIllilllillllh!lllllll "llll'i!ll L
A ﬁmﬂm

il AT M
;J‘??*’*’ﬁ?iii;'“"eiiv .
iliiiﬁ R ';§_‘!l!!"“lll!!ﬁ!illi‘
T R

!ﬂ!!ﬂéiillﬂ'*iill‘l
B

HilT,
st
R
illllllllIIiIH“I!IIIlH!!Ii
T
I

i
il
il
I
I

it
|
il
At
ﬂl |
H
il
!

. i
T i
e !IIIH"!Ih '5*%
R i o
i i...m .mmu.m...mnm

.

i Fii I
il I’I il
i .lll l!lll“lﬂ‘"u Il I “
: mdﬂll’ﬂﬁlllIlIHI!III““Illll‘llllhhﬂl i
'!!‘“"ilIllllll}llmllIIIIIiliillllih!“hiiﬂxl THIEIA

lIlII‘HIl!I'igﬁ%lllmllllll il nm

i




NACA RM No. L8G21

i i
|
I
i i
H i
| i 1
i
i
L
i
5!

TR
g

T

{iS3 8T VTR e

: : i NACA

i




NACA RM No. L8G21

SEm

Hi
i
i

l

BT

il

il

-‘ =
nn[ x IIH.W 1:
= |||,+mm.m’H<l...w. }

e s e

-

e = =




NACA RM No. L.8G21




NACA RM No. L8G21

-
i

Tl

’r;t-‘*l}‘j.

7

7

HHH L

I
%ﬁ i

3}

t

if

e
W S
= e

e

ymwmmm :




NACA RM No. L8G21

NACA

i

1t

3 L =
.bh. 011 = £ mmJ.:wn.ﬂL
s HEHEHHE HE
EhmEEE s ,ﬁmmm s
B HEs — 5
e
S E S EEE
== . =
e o P E
SENE =
5gsg = SEnp e
== ShEEE e
= mn..um”m: £ , =
S=es =

SHE i S mmeRses s
. : = %mmm
= e b

SR =

i

HH




NACA RM No. L8GZ21

%
b

ve A} . L]
P L : : T i D 1
A L : v : : .&
b : M e — u w e =
N | N T N O S | ™ S
. S R AN , AN N
w Rl _ i %N ” | £ ,.»m; w ! .1 .a\h = o= ,m
S ] : iR i 7! , L/ <5 TN
] =R 1 :

: i

: ”@H%

AR

S plam Y wid. fhaian

< N
O » S N BN o
S N AT S TR S
N A NN 1 10 /RS .
E 40@ \\M i i i A o ! i @ . d?u o
M T T T ~
s W}f.w ' AT pad o |/ ol |/ N SENRAS ‘_M.
! "~ ; ,, N _ ; . M _ i
L. Lot bodt i | % . i LI . VW
R | G 0 5070 A
| DN, W T ARV SEERESEN
| B N s S =2 AN I R NN W
N ! L ot igh L) Ll Q Y 1 S D N nl/J,/ : %
S D] R HINE! NN e o] h R ~ hElE P OO 1
T T “ m : w SR N
I B | | I S TN
T3 ] W BEREEE BEEBEDNEENEISES
L Ll W . P L1 BERNREE R -
S Ll a [ A L 7 f VAN
1S ; A \MLM : j w4 N,. A /38 % o8
IE ” S r_ AN ARRY NN
e 1 Y | N Ty ST/ NGNS
g S - N ST F/ TN S S SN
LS A AN REVEERLY4EN T esy RN
T + T ; - : + — s
el A O , A0 | | LT R
IR o NGy , e /S A YN N TN 3N
i _, Tl | ™ T 9% | ‘ 7 M RS N
oF i A0 ] N i oF i ! N
5 I A R A O - 7 68 SRR A N S IS TN
T D L S I O O NN\ I I N
D K./ : . Eu,. MﬂL‘ te Q ; g [uN .F. —h./ n,/L lgs . L WE N k|
IS S NN S D I N LI 0 O D LS I B S
¢ . L] HERERE )
; A7 | AUEF FOT | GATTELS m . m v 1o
_ P BENE N
1o - w m N S O I N _




NACA RM No. L8G21

HibiE

g

T e e




NACA RM No. L8G21

ﬁ gg i

i

thi

ii
.

T




NACA RM No. 1.8G21

i

NACA

RIEer L AN I

b




i
i

i

i

!

i
i

| Li%
ﬂﬁ

i

il

NACA

:

i
524
HLE

EHH

E

13y

TR

NACA RM No. L8GZ21




NACA RM No. L8G21

g . et ﬁw SEe e i
= T = :ﬂlﬁmun.@ 2 = =
! SRS : ; = = :
£ S e murh 2
- -
- =
w e i
e m -p,..% : !H =
S = B i = ==
= = == = + = = -
, = ‘ = = S e
== =: 2 e e = = s
e - = = =
= = = .. b i £
= s e _ i
= e == = =




NACA RM No. L8GZ21

i

TS BN pE

T
+

T

1

4t
1
IS SH RO Eh o

+




NACA RM No. L8G21

T

- .
— = = - - =
= = : = ==
= = = = =
P T 2= + =
Ir# = et =
S = =
o = :
== e
B =
2 BEER i =
HEE = Hiss
2 A.Whn anm vaHoH
e =
= S =
S ot £ =
: : : e Eaes
i == S e e




NACA RM No. L8G21

= EEE e ==

s B iR e e e i o

g = S e o
= = Sy i =t

B == E=
e =

I

il

|

oot mans

|

m

i

i
i
;
i

T
annnT

I

Hli

== =
=
e
S u,ix M ..,Mm,uf

i




A

NACA RM No.

L8G21

w%g

T

T
i
i
i
i i
Hh
t
i
¥
Tt
: t
L
il

hi

i
H
T
E
o
i
:' £ 2
£
h I
Erih
1 i
Nyt
E
1t ’t ]
]
o
fsidd
; E il i
H ittt i
5 -
fEEi Hisisiti
¥
T

i =3l




NACA RM No. L8G21

B === : - =
F S = S =
= i = = saEs
i e = : :
St i
e s e S ; !
e e S i EESmnnRE S o t

Hit

o =
e ooy eiee
£
s T
i P
s =k
vrm_ = 2ens £




NACA RM No. 1L8G21

i

i

THHT

T

T

t

™

t

¥

(ki

I

R

i

i
1!

Hif!

|

i

$et

i

It

T

Ty

IS ST

i

HEIR s

LT

il

¥

NACA - Langley Field, Va.



